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SECTION 1 

INTRODUCTION 

The objective of this study was to  conduct a preliminary investigation of the potential 
value of load alleviation control for a typical space shuttle vehicle. The yardstick 
used t o  evaluate the various load alleviations control systems considered was payload 
in orbit. The parameters of each system investigated were varied in a manner where- 
by the payload in orbit was increased above a given baseline. The baseline used in  this 
study was the non-load alleviated Convair/North American Phase B baseline eonfigakra- 
tion of August 1970. 

Key parameters that were considered included: 

a. Complexity of Control. The factors influencing complexity include the type of 
sensors required and actuator requirements. 

b. Design Risk. The factors influencing vehicle and control design r i sk  include load 
minimization, sensor and control simplicity, a s  well a s  the use of existing sensors,  

c. Reliability/Redundancy. Simplicity of sensors and minimum modification t o  the 
basic autopilot which has no load relief. 

d. Trajectory Dispersions. Minimize trajectory dispersions in order to achieve a 
payload optimal ascent. 

The study included the review of existing and current boost analyses for loads effects, 
compensation methods, and resulting trajectory e r ro rs .  The analyses consisted of 
time varying three-degree -of-freedom pitch plane simulation, time varying sk-degree - 
of-freedom rigid body simulations, random gust analysis, and multi-loop lineax anal- 
ysis. Each of these analysis technique a r e  described in the appendixes. The sli~mrrerla- 
tion effort dealt with the evaluation of the selected rigid body load reduction systems, 
The control schemes investigated were not optimized i n  the sense that gains and filters 
were not optimum. However, those gains and filters used represent the best engineer- 
ing estimate. 

The study was divided into three parts. Par t  one investigated the potential structural 
weight saving that can be obtained by active, rigid-body load reduction. Park two 
estimated the fatigue damage on major structural components. Par t  three investigated 
candidate model suppression control schemes for the wings and bodies. 

This report is organized in the manner described above. 



The s$l,ady considered the space shuttle vehicle configuration a s  established in August 
1970. At that time the major emphasis of the Phase B space shuttle study was toward 
the low?-crossrange mission. Therefore, the Convair Aerospace/North American 
Phase B baseline was selected a s  the study configuration. The configuration shown 
i n  Figure 1-1 consists of a straight wing booster and the low-crossrange, straight 
wing orbiter. Both vehicles have conventional tails and use thrust vector control on 
ascent? attitude control propulsion system (ACPS) control in low dynamic pressure, 
and eEevator/stabilizer/aileron/rudder control for conventional flight. The transition 
from high angle of attack entry flight to  low angle of attack cruise/approach/landing 
portions of flight occurs dynamically at  a subsonic Mach number. This type of transi- 
tion applies t o  both the orbiter and booster vehicles. 

The aerodynamic data used throughout the study was derived from wind tunnel tests .  
The data included orbiter/booster interference interaction effects. 

To assess  the structural weight savings or penalties associated with load alleviation, 
a detailed structural model of both the orbiter and booster were established. Figures 
1-2 and 1-3 present the structural layout of the orbiter and booster, respectively. 
This structural definition was used to  determine the elastic modes of vibration of the 
ir~divi&.lual vehicles and the combined launch configurations. 

1-2 SPACE SHUTTLE MISSION 

The space s'lluttle vehicle will be subjected to  severe environmental conditions. 
E w e  1-4 shows the basic phases of the space shuttle mission. To arrive at fatigue 
damage estimates, this study considered loads produced by : servicing, towing, pad 
erection, launch, boost ascent, separation, booster and orbiter entry, orbiter and 
booster transition, booster cruise, and orbiter and booster approach/landing and taxi. 
A service life of 100 missions was used. The ascent portion of flight was divided into 
nine flight segments while the entry was divided into three flight segments. The cruise/ 
approach $ortion of flight represented one flight segment. At each flight segment, load 
spectra were determined and fatigue damage was estimated for orbiter and booster, 
dw root, horizontal tai l  root, vertical tai l  root, and a fuselage point near the wing 
leadiag edge. 

1-3 FLIGHT PROFILE 

To estimate the potential of load relief, nominal trajectories for wind and no-wind 
flight conditions were obtained for al l  flight phases. The no-wind ascent trajectories 
were ulsed "d measure the performance gains or  losses associated with the wind con- 
dations and load alleviation. A comparison of the wind conditions with and without load 
ailevia-tions was made to  estimate the potential load reduction. 
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The boost phase provides thrust for approximately 200 seconds of ascent flight. At 
approximately 220,000 feet altitude and 10,000 fps velocity the booster and orbiter 
sepuate, The boost phase includes a gliding turn for the booster back towards the 
launch site while the orbiter thrusts to orbit injection. The booster glides to an alti- 
tude of 20,000 feet and a velocity of approximately 300 knots at which time cruise 
twbofan engines are deployed and the vehicle cruises 400 n.mi. to the launch site. 
The orbiter performs its mission, enters the atmosphere and lands at a prescribed 
landing site. 

Since the design load conditions occur at maximum launch dynamic pressure and max- 
imum entry load factor, aerodynamic characteristics were developed for the combined 
launch confiwration and for the individual elements at hypersonic speeds. Figures 
1 -5 and 1-6 present the pitch plane and lateral launch configuration aerodynamic 
characteristics,, respectively. Table 1-1 presents the hypersonic characteristics for 
each element. For the entry condition, only static aerodynamic characteristics were 
developed because dynamic derivatives are extremely small when compared to the 
dmping provided by the control system. 

Table 1-1. Hypersonic Aerodynamic Characteristics 

Booster 
-- 

Orbiter 

2637 in, 

S (Reference Area) 7120 ft2 

L (Reference Length) 2068 in. 
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Inertia characteristics for the launch configuration are presented in Figure 1-7, A s  
the fuel is depleted the center of gravity moves aft and towards the orbiter. The mo-- 
tion in the Z-direction is unique to the booster/orbiter configuration and it produces 
a component of thrust in the Z-direction which results in a no-wind angle of attack, 
The yaw and pitch mass moment of inertia is an order of magnitude greater than the 
roll moment of inertia. A sizable product of inertia exists due to the X-26 plane 
asymmetry. Ascent weight and thrust characteristics a re  presented i n  Figure a. -8, 

0 .5  
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TIME (sec) Figure 1-8. Thrust and Launch 

Figure 1-7. Launch Configuration Configuration Weight 
Inertia Characteristics Characteristics 

1.4 ASCENT WINDS 

A review of atmospheric disturbance models was made to select a realistic en~ron- 
ment. The atmospheric disturbance model consists of wind and no-wind shears, The 
lateral loads computed for a boost vehicle during atmospheric flight are la.rgely a, 
function of the wind criteria used in the analysis. Many wind criteria have been de- 
veloped for use in the aerospace industry in the past decade. The most commonly 



used criteria is the Marshall Space Flight Center (MSFC) synthetic wind, Figure 1-9. 
The basic philosophy has been to use 

: 00 synthetic wind criteria during prelim- 
inary and start of final design to ensure 

9 o consistent design inputs and to avoid the 
problems of oversight errors.  Further - 

8 o more, synthetic wind criteria enable 
design teams to simultaneously conduct 
studies and compare results on a com- 
mon basis. It is also desirable to 

60 simulate the vehicle flight and response 
0 ri 

x to actual wind velocity profiles. These 
c 50 - wind profiles must contain an adequate 
U 
n frequency content through at least the 

40 's vehicle1 s first bending frequency. 
2 
Q: 30 A review was made of the Patrick A i r  

Base (Atlantic Missile Range) winds 
20 (200) to select a managable number of 

wind profiles. Since the space shuttle 
10 will be launched throughout the year, 

the selected wind profiles were distri- 
0 
0 100 200 300 buted throughout the calendar. These 

W IND SPEED ( ft/sec) profiles which were selected in the 
winter and fall months were chosen with 

Figure 1-9, MSFC Synthetic Wind the knowledge that they had been critical 
for the Atlas and Atlas/Centaur launch 
vehicles. Table 1-2 lists the winds and 

Table 1-2, AMR Real Winds Used Figures 1-10 through 1-18 present the 
l[n Study nine selected profiles. The wind data 

includes wind speed and compass 
No, Wind direction. 
1 11 Jan 58 

2 1 Jan 61 

3 1 Feb 58 

4 11 Feb 58 

5 2 1 April 60 

6 6 Aug 58 

7 1 Aug 59 

8 11 Nov 59 

9 26 Nov 61 

1-12 



AMR WIND 6 AUG 58 

WIND SPEED (ft/sec) AND DIRECTION (deg) 

F igure  1-10. AMR Wind, 6 August 1958 

WIND SPEED (ft/sec) AND DIRECTION (deg) 

F igure  1-11. ANLR Wind, 1 August 1959 
1-13 



WIND SPEED (ft/sec) AND DIRECTION (deg) 

F igure 1-12. AMR Wind, 2 1  Apri l  1960 

WIND SPEED (ft/sec) AND DIRECTION (deg) 

F igure 1-13. AMR Wind, 11 November 1959 
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WIND SPEED (ft/sec) AND DIRECTION (deg) 

F igure  1-14. AMR Wind, 26 November 1961 

WIND SPEED (ft/sec) AND DIRECTION (deg) 

Figure 1-15. AMRWind, 11 January 1958 
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AMR WIND 11 FER SR - 

- - - DIRECTION 

0 
0 25 50 75 100 125 150 175 200 225 250 275 300 325 350 

WIND SPEED (ft/sec) AND DIRECTION (deg) 

Figure 1-16. AMR Wind, 11 February 1958 

I 
I --- DIRECTION 

-SPEED 

WIND SPEED (ft/sec) AND DIRECTION (deg) 

Figure 1-17. AMR Wind, 1 February 1958 
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WIND SPEED (ft/sec) AND DIRECTION (deg) 

Figure 1-18. AMR Wind, 1 January 1961 

1.5 REFERENCE TRAJECTORY 

To conduct a loads analysis or a load alleviation analysis, a basic no-wind reference 
trajectory is necessary. Figures 1-19 through 1-23 present a reference trajedory 
for the pitch programmer presented in Figure 1-24. The gimbal angle (used for con- 
trol  by thrust vectoring) is about a fixed, 5-degree cant angle. This cant angle was 
determined such that the gimbal angle requirement for no winds at maximum dynamic 
pressure was near zero. The angle of attack time history shows the angle of awaclk 
to be approximately a constant negative three degrees up to 120 seconds and then it 
increases almost linearly to near minus ten degrees at burnout. The increase in angle 
of attack in the latter portion of the ascent flight is due to the off-center e,g. (center 
of gravity). The peak dynamic pressure is 560 psf and it occurs between 60 and 70 
seconds, at approximately 35,000 feet altitude and a Mach number of app:oxlmateliy 
1.2. 

This trajectory was obtained by "flying" the pitch programmer presented i n  Figure 
1-24. The pitch programmer was obtained from an optimum point mass trajedory 
program which considers the constraints of staging parameters (booster/orbiter 
separation) and orbital injection parameters. The pitch programmer was optimized 



Figure 1-19. Reference No-Wind Trajectory - Altitude 

TIME (see) 

Figure 1-20. Reference No-Wind Trajectory - Velocity 

1-18 



TIME (sec) 

Figure 1-21. Reference No-Wind Trajectory - Angle of Attack 

0 

TIME (sec) 

Figure 1-22. Reference No-Wind Trajectory - Gimbal Angle (From 5" of Cant) 



TIME (sec) 

F i w e  1-23. Reference No-Wind Trajectory - Dynamic Pressure 

0 20 40 60 80 100 120 140 160 180 
TIME (sec) 

Fiwre 1-24. Reference Trajectory 
Pitch Programmer - 
Command Pitch Rate 

to  provide the maximum payload into 
orbit. The staging parameters consid- 
ered were altitude, velocity, and flight - 
path angle. Altitude and velocity are  
critical to booster entry heating, and 
altitude and flight path angle are  critical 
to booster cruise-back fuel requirements. 

Because of the preceding staging require- 
ments, all the trajectories developed in 
this study (including the no-wind ref- 
erence trajectory) used a closed-loop 
guidance scheme which was activated 
100 seconds into the ascent flight. The 
scheme used the reference trajectory 
technique to guide to a nominal staging 
altitude, velocity, and flight -path angle. 
An incremental pitch rate command 
(A&) was generated by 



Where 

, y , y are nominal values 
V~ N N 

C C , C* are l inear  functions of altitude 
v' Y Y 

Nominal Staging Conditions 

y = 8.9036 deg 

F o r  t he  yaw plane guidance, a n  incremental  commanded yaw rate (AQ, ) TiiTas 
b 

generated by 

A = 8 * TAN ( @ )  + C  
c c CR CR + 'CRDOT 

* CRDOT 

Where 

@ = r o l l  angle 

CR = c r o s s  range  distance 



CRDOT = ra te  of c ross  range distance 

e 
CR' 'CRDOT 

a r e  linear functions of altitude 

The overall midance cycle time was one second. With this  type of guidance, perform- 
ance penalties i n  t e r m s  of added propellant requirements can be obtained. The cut-off 
for staging is velocity and the performance penalty is obtained by differencing the pro- 
pellant consumed for the particular run with the nominal no-wind reference trajectory 
p r s p l l a n t  consumption. 

P igwes  31-25 t k o u g h  1-33 present angle of attack, aq, and gimbal angle t ime history 
for the reference trajectory with MSFC headwinds, MSFC tailwinds, and a typical 
f9rrealtl wind, For the MSFC winds the gust and peak wind was applied at  maximum 
dynamic pressure. The wind was a 95% wind profile with a 99% wind shear build-up 
and a 7,65 meters per second gust. The maximum a q  for this  reference trajectory 
is -3700 psf-deg and it occurs for the MSFC tailwind. 

TIME (sec) 

Figure 1-25. MarshallHeadwind -Alpha 

1-22 



TIME (sec) 

Figure 1-26. Marshall  Headwind - Q Alpha 

-101 I I I I I 1 I I I 

0 20 40 60 80 100 120 140 160 180 2 
TIME (sec) 

Figure 1-27. Marshall  Headwind - Gimbal Angle 



Figure 1-28. Marshall  Tailwind - Gimbal Angle 

TIME (sec) 
/ 

Figure 1-29. Marshal l  Tailwind - Alpha 



TIME (sec) 

Figure 1-30. Marshall Tailwind - Q Alpha 

TIME (sec) 

Figure 1-31. Real Winds - AZ = 90 - Alpha 

1-25 



Figure 1-32. Real Winds - AZ = 90 - Q Alpha 
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0 20 40 60 80 100 120 140 160 180 200 
TIME (sec) 

Figure 1-33. Real Winds - AZ = 90 - Gimbal Angle 



SECTION 2 

RIGID BODY LOAD ALLEVIATION 

Load alleviation can be accomplished by: trajectory biasing, limiting gimbal angle, 
angle of attack of normal acceleration feedback, and by reduction in pitch aEitude 
feedback. Associated with each load alleviation scheme is a performance pemlty 
which will be measured in terms of propellant. Since the design load condji$ions in -  
clude entry loads, structural weight savings is not a direct function of ascehlG load 
reduction. In fact this study has demonstrated that minimum material gage begins 
to cloud the load/structural weight relationships. 

2.1 TRAJECTORY BIASING 

A common method of reducing ascent loads is by trajectory biasing or more deserip- 
tively, tailoring the pitch programmer based on a priori knowledge of the a ~ n d  direction 
and profile. This load reduction technique has been used on Atlas/Centaur and Saturn 
vehicles with good success. The basic principle is to have the vehicle pitchi% into 
the wind for a headwind, and to minimize the pitch-over for a tailwind. 

Figure 2 -1 presents six candidate pitch programmer time histories for a Itwo--elemepl;$ 
space shuttle vehicle. Table 2-1 presents a summary of load and performance 
penalties for each of the pitch programmers. Each programmer showed a reduetion 
in a q  max for flight times below 100 seconds. However, some programmers showed 
a q  greater than the nominal 3700 psf-deg for ascent flight times greater than I00 
seconds. This large load at low dynamic pressure was due to commands from the 
guidance system which were attempting to steer the vehicle to the desired sta@ng 
point. They can be reduced by introducing the guidance at an earlier time (85 seconds) 
and by blending the guidance signal into the open-loop pitch command. H o ~ ~ e v e r ,  these 
results give an indication of the trajectory dispersions caused by the biased pitch pro- 
grammer. The performance penalty indicator also bears out these conclusions. The 
increased propellant requirements ranged from 13,000 to 40,000 pounds. It shadd be 
noted that booster propellant converts to payload by a 1: 14 ratio. Therefore, 13,000 
pounds of added fuel represent approximately 1000 pounds of payload. 

2.2 GIMBAL ANGLE LIMITING 

Most of the clustered reusable launch vehicles are aerodynamically stable during the 
ascent high dynamic pressure region of flight. The flight control system can m&e 
use of this characteristic by software limiting the gimbal angle command to some 
predetermined value. Then, as  the wind induced pitching moment builds up, the ve- 
hicle will rotate into the wind and thereby reduce the angle of attack. The associated 
load reduction must be weighed against the performance penalty produced lby excursions 
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Figure 2 -1. Various Pitch Programmer Schedules 

from the near optimum reference trajectory. Table 2-2 summarizes the results for 
limiting the absolute value of the gimbal angle to 0 " , 0.5 ", 1.0 " and 2.0 " during the 
time interval of 50 to 110 seconds. This type of load reduction appears attractive 
because of the low performance penalty (approximately 3000 pounds of propellant) and 
the reasonable load reduction of approximately 25%. 

Preliminary analysis shows potential for this load reduction technique, but since this 
scheme is very sensitive to vehicle inertia and aerodynamic characteristfcs ewe must 
be given to broadly extrapolating these conclusions to other configuration ,, Each 
particular configuration must be investigated by simulations to  determine the moun t  
of load reduction that can be obtained by gimbal angle limiting. 

ANGLE OF ATTACK COMMAND 

Theoretically it is possible to "fly91 constant angle of attack trajectories (a = +I, 8, -1) a 

The fundamental laws which must be satisfied for such a scheme are  (for a = 0) 





where 

w is the body Z component of velocity 

V is the total vehicle velocity 
T 

if  w = 0 then w = 0 

where 

VEHICLE CENTER 
OF GRAVITY 

LAUNCH SITE Ze 

Sign Conventi.on 

C FZ is the summation of external forces along the body Z-axis 

m is the mass 

U is the body X component of velocity 

i f w  = 0 

F~ 
then- = -8  U 

m 

then a command pitch rate can be found which produces the constant a = 0 constraint, 
This is especially true since 8, directly controls the gimbal angle ( 6  ) time history, 

Launch towers and offset center of gravities at lift-off preclude use of the above law 
prior to 30 seconds of flight. Therefore, a constant command pitch rate is used dur- 
ing the time. Figure 2-2 presents a family of trajectories for zero command angle 
of attack and various initial commanded pitch rates. Note that only one initial corn- 
manded pitch rate approaches the near optimum reference trajectory. Table 2-3 sum- 
marizes the results of constant angle-of-attack commanded systems. Large p r f o r  rn- 
anee penalties are incurred because the pitch rate necessary for the constraint is 
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Figure 2-2. Family of orc = 0 Trajectories 

considerably different from the near optimum reference trajectory. Load reductions 
are in order of 50% t o  60% with the performance penalties between 20,000 and 30,000 
pounds of propellant. 

2 - 4  GAIN SCHEDULING AND ACCELEROMETER FEEDBACK 

Load reduction can be achieved by reduc- 
ing the pitch attitude gain during peak 
dynamic pressure and wind shears.  This 

K 
technique makes use of the aerodynam- 8 
ieally stable vehicle characteristics. 
The gains can be scheduled as shown by 
this sketch, TIME 





The aHitude gain can be rapidly reduced to zero without difficulty. However, the gain 
must be phased in so that dynamic transients will not produce severe load conditions. 
With this technique, a 25% load reduction was attainable with only a 3000- to  4000-lb 
-perf or mance penalty. 

Studies have been conducted for aerodynamically unstable launch vehicles which con- 
clude that load reduction can be obtained when normal acceleration is fed back into the 
flight ccgstrol system. For unstable vehicles, a s  the load builds up the pitching moment 
tends to increase the angle of attack. Therefore, normal acceleration is sensed and 
i s  used t o  gimbal the engines to  counter the aerodynamic moment. Acceleration 
feedback was added to the space shuttle vehicle flight control system by the control 
law, 

0.1K A 
6 = q + k @  + A ZCG 

c s + l  

where 

5 = gimbal angle command 
c 

= pitch rate 

8 = pitch attitude 

K = pitch attitude gain 

= accelerometer gain 

A = acceleration at the vehicle center of gravity 
ZCG 

s = Laplace operator 

For the AMR January wind profile, the pitch gain follows the schedule previously 
presented md t:he accelerometer gain is scheduled as  

1.0 
K 
A 

TIME 
50 60 9 0 120 

1 1 TIME 
50 60 9 0 120 



Based on the limited work performed in this study, there appears to be no aignificmt 
improvement in load reduction nor increased performance penalty with aecele rat"kn 
feedback when combined with gain scheduling for the space shuttle vehicle. Because 
of static stability, the vehicle response to aerodynamic moment i s  approximateliy the 
same a s  the flight control system with acceleration feedback and therefore the rotation 
into the wind (weather cocking) is not improved. However, a detailed study may 
arrive at a combination of filters which can provide sufficient level on the accelerometer 
signal and thereby improve overall vehicle response. Pitch attitude gain scheduling 
can potentially reduce load by approximately 25 percent. 

2.5 LATEML LOAD REDUCTION WITH P FEEDBACK 

Reduction of the side-slip angle i s  necessary for the space shuttle because of lateral 
control power limitation. A side view of a two element space shuttle configuration 
shows a large aerodynamic area above the center of gravity. The result i s  a large 
rolling moment due to side slip (Ctp ). With limited gimbal angle deRecti.ons (* 10" ) 
large side-slip angles produce rolling moments which are much greater than those 
produced by gimballing the thrust vector. The sketch below shows the gi~xiballing se- 

ROLL quence for providing roll, yaw, md pitch 

YAW 

control for the baseline configuration and 
the engine arrangement. 

Reduction of side-slip angle @) can be 
provided by feeding back j3 and reducing 
the yaw attitude gain. As f i  i s  fed. back, 
yaw attitude must be reduced b~ecause 
otherwise they will buck each other. As 
the vehicle yaws to reduce 8 , an error 

PITCH in heading is detected and, i f  yaw attitude 
were still being fed back, the commmd 

A 36% reduction in fl  was realized by usi.ng would try to yaw the vehicle back to the 

1.5 6 correct heading. The result wodd be no 
K = -  

f i  650 r e d  reduction in 6. 
- 

where Q = dynamic pressure 

1.4 

GAIN 

K 
'P 
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The performance penalty was approximately 5000 pounds of propellant with this system* 



Another @ rehction(or load alleviation) technique makes use of the absolute value of 
the roll attitude error.  Figure 2-3 presents a block diagram of this scheme. As the 
absolute value of the roll attitude error  increases, the yaw attitude gain is decreased 
and the side-slip angle gain is increased. When compared to  the previous scheme, 
this reduces performance losges to 4000 pounds of propellant but only reduces /3 by 29%. 

Side loads due to winds are critical for the orbiter and booster vertical tail. Other side 
load conditions are at least a factor of four below these ascent side loads. 

Figure 2 -3. Block Diagram of Side Slip Minimization Control 

2-6 BOOSTER ENTRY LOADS 

Entry loads result from the high entry angle of attack. Entry angles of attack are  
kepprsxirsaately 60 degrees in order to minimize aero heating. Figure 2-4 presents 
a baseline booster entry trajectory. The maximum normal load factor obtained is 
-14g and it occurs at approximately 200 seconds after separating of the two elements. 
The vehicle is banked approximately 80 degrees in order to minimize turning radius 
and thereby minimize the cruise range requirements. Bank angle and normal load 
factor produce the force which turns the vehicle. 

Trajectories were flown where the normal load factor was held to a maximum of 3g. 
The flyback range increased by 60 n.mi. resulting in increase of the flyback fuel by 



300 5000 pounds. This was for t11e baseline 
liquid hydrogen fueled cruise engines. 

n z If JP flyback engines a re  used, the fuel 
? 2 ZOO penalty increases more sharply gi, 
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2.7 ESTIMATE OF STRUCTURAL 
. 5 loo WEIGHT SAVINGS FOR RIGID BODY 

2 
C 

LOAD REDUCTION 

o The structural weight saving was eval- 
0 200 400 600 uated for the nominal 25% ascent load 

TIME (See) reduction potential. This load reduction 
percentage was chosen because it appears 
to  have the most potential, can be i ~ m -  

plemented by gain scheduling, gimbal 
LOAD FACTOR limiting, trajectory biasing or aceelero- 

meter feedback, and can be accon.p.plushed 
with approximately 5000 pounds of added 
propellant. 

TIME (see) 
To estimate the structural weight savings, 
a detail mathematical model of all major 
structural components was formulated, 
This model included booster wing-Iike 
elements with integrally stiffened cover 
skins and orbiter wing-like elements with 
Z-stiffened cover skins. The booster has 
an Inconel 718 wing and tail  with an alum- 
inum 2219-T87 body; the orbiter has 
Inconel 625 lower wing a ~ d  hor izo~ta l  

TIME (sec) 
ta i l  covers with Titanium 6AJ-4V upper 
wing and horizontal tail covers, vertical 

Figure 2-4. Booster Entry Trajectory 
tail, and body. 

A two-spar stiffened skin box construction forms the design of all  the wing type s u -  
faces. Where a surface is swept, the loads in the structural box a r e  integrated along 
a mean structural box chord line. Elevated temperature effects a r e  accounad;ed for by 
simply lowering the material allowables. All loads were given a uniform pressure 
distribution. An ultimate load factor of 1.4 is applied to  the design limit ;t.oadx, 

Structural box cover and spar weights were estimated by an automated sizing progran~,  
The structure is sized simultaneously for various loading conditions that occw  during 
the entire flight profile. Theoretical and non-optimum factors varying bet-ween 1 - 2 5  
and 1.5, depending on the particular substructure a r e  used to derive realistic design 



weights from the theoretical weight. These factors account for leading edge covers, 
trailing edge panels, and manufacturing variation from the theoretical design. Table 
2-4 presents structural sizing data for the booster wing. 

Table 2-4. Wing Weight Summary 

Item Non-Opt Weight 
Factor (lb) 

Structural Box 
Compression Cover 
T e ~ s ~ i o n  Cover 
Webs 
Ribs 

Carry Through 

Leading Edge 

Trailing Edge 

Flap 

Ailerons 

T, P. S. 

Tip 

Exposed Wing Weight: 26,400 

Contingency (10%) 2,640 

Total Exposed Wt. Per  Side: 14,500 

2 , X ,  1 BOOSTER WING. The booster wing is designed by entry loads and ascent 
headMd and tailwind loads. The entry loads magnitude is not a s  large as the ascent 
loads, However, the elevated temperature of the hot wing structure reduces material 
proprties t o  the point where entry loads a re  a design condition for parts of the wing. 

Reducing the ascent loads by 25% results in a 3.5% structural weight saving. The wing 
s t rudura l  weight is approximately 29,000 pounds which means a potential weight savings 
3f 1000 pounds in structural weight. 



2.7.2 ORBITER WING. The design conditions for the orbiter wing a r e  entry loads, 
ascent head/tailwind loads, and material minimum gage (0.03 inch). The orbiter 
wing is thermally protected; therefore, properties of a room-temperature atruelure 
were assumed. Reducing the ascent loads by 25% results in a 4.5% reduction in strue- 
ture weight. The orbiter wing weighs approximately 13,000 pounds which mems a 
potential weight saving of 585 pounds in structural weight. 

2.7.3 BOOSTER AND ORBITER VERTICAL TAILS. Only the ascent s i d e ~ n d  eon- 
dition produces a design load condition for the orbiter and booster vertical tails. A 
25% reduction in side load results  in a 12% structural weight savings for both the orbi- 
t e r  and booster vertical tails.  The approximate structural weights of the orbiter and 
booster tai ls  a r e  4600 pounds and 10,500 pounds, respectively. Therefore, an approx- 
imate structure weight savings of 550 pounds for the orbiter and 1260 pounds for the 
booster can be realized by load reduction techniques. 

2.7.4 BOOSTER AND ORBITER HORIZONTAL TAILS. The design conditions for 
both tai ls  are ascent head/tailwinds, entry, and material minimum gage (0,193 inch), 
Reduction of the ascent loads by 25% results  in approximately 3% structura.l weight 
saving for both tails.  The orbiter and booster tai l  weigh 4000 pounds and 14,000 
pounds, respectively. Therefore, a structural weight savings of 120 pounds for the 
orbiter and 520 pounds for the booster can be obtained by load reduction methods. 

2.7.5 BOOSTER AND ORBITER FUSELAGES. Figures 2-5 and 2-6 present the load 
intensities for the orbiter and booster fuselage, respectively. The effect sf ascent 
headwinds had a strong influence in the design of the booster lower surface. Other 
portions of the booster fuselage were designed based on booster burnout acceleration, 
ullage pressure, and maximum thrust acceleration. By reducing the ascent loads by 
25%, a fuselage structural weight saving of 2000 pounds can be realized for the booster, 

The orbiter fuselage was designed based on orbiter burnout acceleration, entry, and 
a small portion based on ascent tailwinds. Minimum gage is also a constraint on the 
forward portion of the orbiter fuselage. A 25% ascent load reduction produces a 500- 
pound structural weight saving i n  the orbiter fuselage. 

2.8 POTENTIAL OF RIGID BODY LOAD REDUCTION 

Rigid body load reduction techniques for the space shuttle can potentially reduce ascent 
loads by 25%. Trajectory biasing, gimbal angle limiting, side-slip angle feedback? 
and gain scheduling a l l  have equal potential for providing this  load reduction, Table 
2-5 summarizes the potential of load reduction by listing the structural weight saving 
for each major structural component. 
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Figure 2-5. Orbiter Fuselage Load Intensities 
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Table 2-5. Potential of Load Reduction 

Structural Weight Saving (Ib) 
Orbiter Booster 

Wing 585 1,000 

Horizontal Tail 120 52 0 

Vertical  ail 5 50 1,260 

Fuselage 

Total 1,755 4,780 

The booster structural weight saving is approximately balanced by the performance 
penalties (increased propellant requirements). Therefore, load alleviation can save 
approximately 1755 pounds of orbiter structural weight. Orbiter structural weight 
trades for payload on a one-to-one basis. The conclusion is that load alleviation can 
increase payload from 1500 to  2000 pounds. 



SECTION 3 

ESTINIATE OF FATIGUE DAMAGE 

The general method of analysis used in the calculation of fatigue damage is based on 
the linear cumulative damage theory as  presented by M. A. Miner in Reference L 
This theory states that damage accumulation in a structural element is equal to the 
summation of the ratio of the number of cycles of applied stress of a given magnitude 
to the number of cycles to failure at that stress. 

The cycles to failure curves were derived from fatigue properties for the structural 
material used. The applied stress spectrum was estimated for each struetwal Icsea- 
tion of interest. 

Most of the material fatigue data available is in the so-called high cycle range ( 0 '  to 
l o7  cycles). For the space shuttle vehicle the importance to design to withstand 
relatively few cycles (1 to 1000) of high loading, points out the need to establish 
material fatigue properties data in the low-cycle area. Reference 2 gives data for 
Inconel 718 for 105 cycles and larger, notched (Kt = 3. O ) ,  unnotched, and for various 
temperatures. For values in the low-cyclic range, Reference 3 was used, Figwe 
3-1 presents typical data from this reference. To account for temperature effects, 
Figure 3-1 is normalized to a percentage of maximum cyclic stress by the room tern- 
perature allowable stress. Then, to obtain the elevated temperature S-N (stress- 
number of cycles) curve, the normalized S-N curve is multiplied by the material al- 
lowable stress at the given elevated temperature. 

3.1 LOAD SPECTRA 

Orbiter and booster load spectra were generated for four structural points on each 
vehicle; the wing, horizontal tail, vertical tail roots, and a point on the fuselage 
slightly forward of the wing leading edge. The mission flight profile was divided into 
nine ascent segments, entry, cruise, approach/landing, and taxi, These spedra  
are presented in Figures 3-2 through 3-9. 

The ascent spectra were generated by flying a rigid vehicle through ten "realn wind 
profiles. For each structural point load (bending moment), exceedences were mod- 
tored. The frequency content of the winds used was not high enough to excite eBa&ic 
modes. Therefore, a power spectral approach was used to develop that portion of the 
load spectra which can be attributed to elastic motion and the higher frequency com- 
ponents of the wind. 

3-1 
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F i ~ ~ r e  3-1. Fatigue Diagram for Inconel 718 at  Room Temperature a s  a 
Percentage of Maximum Cyclic Stress 

For these estimates, a computer program was used which develops transfer functions 
relating control point load t o  gust input and then computes the control point output 
xpct ra  by 

where : 

'OUT. 
(a) = control point output spectral 

@IN 
(a ) ' = gust input spectral 

T~ (w) = t ransfer  function relating control point load t o  gust input. 
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Figure 3-3. Booster Vertical Tail Load Spectra, Percent Design 
Root Bending Moment 
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Figure 3-4. Booster Horizontal Tail Load Spectra, Percent Desim 
Root Bending Moment 
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Figure 3-5. Booster Wing Load Spectra, Percent Design Root 
Bending Moment 
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Figure 3-6. Orbiter  Wing Load Spectra Percent  Design Root Bending Moment 
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Figure 3 -7. Orbiter Horizontal Tail Load Spectra, Percent 
Design Root Bending Moment 
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Figure 3-8. Orbiter Vertical Tail Load Spectra, Percent 
Design Root Bending Moment 
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The control point output spectra was used to compute the number of occurrence of 
various levels of load by 

Where : 

P P = turbulence scale factor 
1' 2 

bly b2 
= turbulences magnitude parameters 

LL = loac! level 

N(LL) = number of exceedences of load level 

The transfer function used i n  these computations includes the first four ela.stic modes 
of each major structural component. For the aerodynamic lifting surfaces (Mng, 
horizontal and vertical tail), aerodynamic forces due to modal motion were included, 
These aerodynamic forces were computed using Woodward theory and are quasi-steady 
values. 

Results indicate that elastic modes with frequencies greater than 10 Hz contribute less 
than 1% to the exceedence count. This is due to the fact that the energy content of the 
gusts is primarily in the lower frequency region (less then 1 Hz). 

To obtain the composite load spectra for the ascent portion of flight, the number of 
exceedences due to gusts was added to the exceedences computed from simulated 
flights through real winds. The load spectras are based on 100 missions. Since the 
baseline space shuttle vehicle does not ascend on a zero angle of attack trajectory 
each ascent flight segment has a mean load about which wind/gust load varies. The 
gust component of the ascent load spectra only represents approximately 10 percent 
of the total ascent load spectra. This result is due to the large inertia and .low vehicle 
response at the time of maximum external disturbance. 



The entry loaid spectra were obtained by (1) simulating the vehicle entry flight and 
measwing the load exceedences and (2) applying gust spectral density methods. The 
former of these methods provides flight path oscillation loads and rigid body wind 
loads, The latter provides the elastic body response to the high-frequency gust inputs. 
This method is identical to the ascent load spectra generation. The load spectra at- 
tributable do the gust represents only five percent of the load spectra. This is due to 
the relatively low magnitude of the input spectra at the high altitudes. The entry por- 
tion. of flight was defined to be from 400,000 feet to 80,000 feet in altitude. 

To deter~ne the load spectra for the booster cruise and the orbiter/booster approach 
portions of flight, power spectral density methods were used. Throughout this study 
the Dryden gust spectral density was used. 

where 

' ~ u s t  
(Q) = gust spectral density 

2 
c6 = gust variance squared 
w 

L = length scale factor 

C2 = reduced frequency 

V = velocity ft/sec 

LC = frequency cps 

Ineluded i n  the presented composite load spectra are  maneuver load factors. Table 
3 -1 preseds the estimated maneuver -load-factor spectra for the space shuttle orbiter 
and booster, They are  based on Table VII of Reference 4 and have been factored for 
a 100-mission life. 

3 2  FATIGUE DAMAGE 

Fatipe damage was computed from the presented load spectra for the four orbiter 
and four booster control points. Table 3-2 present the accumulative damage factor 
CQ /N for each of the control points. No point is fatigue critical (accumulative damage 
factor C q / N  < 1.0). For the booster, the cruise portion of flight contributes the most 
t o  the damage. This is due to the relatively long time spent in the cruise mode, 



Table 3-1. Maneuver Load Factor Spectra for Space Shuttle Appro~ach 
and Landing (100 Mission) 

NZ (g) Occurrence 

2.4 1.0 

Table 3-2. Fatigue Damage at Control Point 

* Scatter factor = 4.0 



one and one-l-~alf hours compared to three minutes in ascent and six minutes in entry. 
For the orbiter, entry and ascent provide about equal amounts of fatigue damage. 
'She short dwation orbiter approach does not produce very much fatigue damage. 

These results are based on limited fatigue properties data. Especially in the high- 
stress, low-number -of -cycles region. Design or near-design load will be applied to 
the booster on every flight. This is analogous to a fighter airplane being subjected 
$0 a g on every flight. Small variation in the fatigue data in the low-cycle, high-stress 
region can produce fatigue critical areas. 

A classical scatter factor of 4.0 has been used throughout the study. This scatter 
factor is usedl to account for variations i n  fatigue material properties test results. 
Since fatipe behavior is dependent on minute imperfections in metals, scatter and 
vaiations i n  test results are not surprising. As the data needed for describing 
materials i n  detail become available, it may be possible to reduce the scatter factor 
to 3,0 o r  even 2.0. Economic consideration may make it impractical to run a large 
number of fatigue tests on the space shuttle structure. Reference 5 specifies that a 
scatter factor of 4.0 be used. 



SECTION 4 

MODAL SUPPRESSION 

The dynamic response of flexible airframes continues to be a fundamental problem t o  
aircraft designers and operators. It has become a more important design criterion 
as  mission requirements have subjected airframes to more severe environments, as 
airframe structural-weight-to-total-weight ratios have decreased, and as howledge 
has improved about dynamic response effects on equipment and system effectivelaess. 
It has become more apparent that the dynamic response of aircraft influences riding 
and flying qualities, safety, equipment and structural failures, and basic airframe 
operational life. 

For years, designers of ballistic missile boosters have stabilized structuical modes, 
The space shuttle vehicle is a more complicated machine, but the structural weight 
ratios are  comparable to those used for missiles. Stability augmentation sgrstems {SAS) 
for the space shuttle are mandatory to control the vehicle through the many automatic 
portions of flight and to provide the pilot with good handling qualities during manual 
modes of operation. These requirements have dictated a highly reliable stability 
augmentation system. Structural dynamic stabilizers are essentially SAS systems 
with an extended bandwidth capability. Several studies have been performed on xys- 
tems that extend the control of the rigid body dynamics into the lower frequency 
structural dynamic modes. These have shown that it is possible to seleetj.vely gain- 
stabilize by shifting the mode frequencies, to phase-stabilize by increasing the damp- 
ing, and to avoid or filter out control signals from the several modes. Wkrile all these 
investigations have been analytic, none, not even the most comprehensive,, have indi- 
cated a fundamental limitation precluding significant success. 

While feasibility is no longer seriously contended, and the general benefits of im2roved 
structural dynamic response control are  universally acceptable, there is no data avail- 
able which indicates specific performance potential for a given situation and vehicle, 
This study specifically analyzed the straight wing, low crossrange space shuttle vehicle 
to assess the potential increase in structural modal damping by active control, In- 
creased structural damping provides the obvious benefits of improved airframe 
response, reduced structural dynamic loads, and increased structural life, Even 
though the discussions in Section 3 indicate that fatigue damage is  not critical to 
structural design, there are  numerous assumptions in the preliminary fatigue analysis 
which, with small changes, can lead to fatigue critical areas. 

Modal suppression implies, essentially, the control of structural modes ornly and is 
akin to the problem of flutter suppression. Associated problems can be classified 
within a few categories a s  follows: 



a, The determination of the contribution of the different structural modes to a given 
arbitrary deformation of the aircraft. 

b ,  The determination of a control law which will actuate the control surfaces in a 
certain fashion, proportional to the participation of the structural made in the 
given deformzttion, and give rise to a stable control system. An unstable control 
system can arise, for example, when a signal sensed from one structural mode 
gives rise to a control force which actuates a second structural mode and which 
in  turn gives rise to a force which drives the first structural mode. This condition 
is known as control system induced instability and is caused by the sensor-force 
couplings ,, 

e ,  The determination that the control forces arising from the determined control law 
are of the type used to stabilize the motion sensed. 

d ,  The determination that the stabilized system is insensitive to changes in flight con- 
figwation, altitude, Mach number, and mode shapes. 

Different approaches and methods have been studied for the solution of the problems 
mentioned i n  a , ,  b., and c. above. These methods include multisensor system; for 
modal observation, force-sensor modal decoupling networks, or mode discrimi,nating 
sensors t o  avoid control system induced instability, and aerodynamic damping forces 
for mode stabilization. Linear optimal control theory has recently been used (Reference 
6) t o  pro~de a systematic way of treating the problem of control system instability and 
t o  increase the control-force stabilization effectiveness. However, the control law 
which is derived by this method, and which depends on the location of the sensors, can- 
not offer: be attained by real systems. Furthermore, it may require as  many control 
surfaces as modes considered. Recently, Wykes (Reference 7) suggested the iden- 
tically located accelerometer and force (ILAF) scheme to ensure control system 
stability and made use of control ffaerodynamic damping" forces (that is, control de- 
flection proportional to linear velocity) for modal stabilization. 

Considerable literature dealing with multiple sensors, rate gyro blending, and track- 
ing notch filters has offered possible solutions to the problem of sensing individual 
modal acceleration or velocities (References 8 through 11). 

For this study it was decided that the control system should be designed to produce 
damping in  the structural modes. To implement this, two control system concepts 
were considered: One approach involved simultaneous elimination of sensor and force 
coupling; the other approach involved making positive use of both sensor and force 
coupling, The first approach can be implemented by introducing proper force magni- 
tudes at the proper locations by multiple control surfaces to cancel the undesirable 
coupling effects, Such a "mode isolation damper" is complicated because of the number 
of  rnaltip4e loops, In many instances, the multiple feedback gains required for cancel- 
Bation m e  so large that fail-safety aspects of the design may be endangered. In addition, 
variations with. flight conditions require complicated control system features for 



tracking the structural mode frequencies, shapes, damping ratios, and for tracking 
the unsteady aerodynamic effects of the control surfaces. The space shuttle vehicle 
does not have many control surfaces along the trailing edge of the wing, 

A promising solution has been found in a relatively simple convelntional control system* 
making use of modal coupling that can increase the structural mode dampil~g ratios 
despite the variation of the mode shapes wikh flight condition. Such a conventional 
control system is based upon the concept of introducing a generalized dissipative force 
at approximately the same location where the sensors measure structural mode velocity, 

m i l e  it was mandatory to consider the combined excitation of the rigid body a s  sve11 
a s  structural modes, the control of the structural modes was considered to  be by far 
the more difficult problem. It was felt that rigid body mode control could be exercised 
using conventional techniques, whereas the structural mode control would require new 
approaches. Most effort, therefore, was expended on the latter problem area,  
Specifically, the study effort was directed toward active control of the first five wing 
asymmetric modes and the first six fuselage modes, The wing modes, orbiter or  
booster, a r e  basically constant throughout the mission because they contain no inter- 
nal fuel. The fuselage modes of the booster a re  the lowest during launch and pose 
the most severe problem. During entry, cruise, and landing, the fuselage modes are  
5.0 Hz or higher, compared to 1 .75 Hz or  lower for the ascent portion of flight, 

Modes higher than the fifth or sixth a r e  not directly controlled. However, they are 
gain-stabilized by proper electronic networks. 

4.1 FUSELAGE MODAL SUPPRESSION 

An important consideration in analyzing the overall stability of a launch vehicle is the 
elastic modes of vibration. For the space shuttle vehicle, the automatic control and 
stabilization sensors a r e  located on the fuselage of the booster during ascent flight, 
Therefore, fuselage elastic modes and rigid body response a re  coupled by sensors and 
control force. Figure 4-1 presents a block diagram of the pitch plane elastie/ri@d 
body control system coupling. Table 4-1 presents the symmetrical modal kequencies 
associated with the launch configuration. Figure 4-2 presents the mode shapes for an 
early portion of ascent flight (0 t o  50 seconds). These modes were computed using 
the structural dynamic computer program NASTHEAN. A detailed s t ructwal  and ~mss 
model was established for each of the major structural elements. Table 4-2 presents 
the equations for the system shown i n  Figure 4-1. These equations represent small 
perturbations about the vehicle forward velocity, plunging velocity, pitch aaitude , 
thrust vector motion (tail-wags-dog), thrust vector system lag, six elastic d e g e e s -  
of-freedom, and the various gains and filters for maximum dynamic p resswe  portion 
of flight. 
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Figure 4-1. Block Diagram of Ascent Pitch Plane Single - Sensor System 

Table 4-1. Fuselage Ascent Pitch Plane Mode Frequencies  

Frequency 
Mode Hz Rad/sec 
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A basic rigid body analysis had shown the pitch augmentation for ascent to be : 

this provides rigid body characteristics at high dynamic pressure of 

Table 4-3 presents the rigid body characteristics for various points along the ascent 
trajectory. Combining these rigid and elastic body characteristics without filtering 
and with the sensors located near the nose of the vehicle (F. S. 1460) produces an 
unstable condition. Closed loop characteristics at maximum dynamic pressure are 

Frequency (rad/sec) 

0.07 

Damping 

0.59 Rigid Mode 

Elastic Mode 

Figure 4-3 presents a locus of roots for various combinations of pitch inte,qation, 
rate, and attitude gains. The system is relatively insensitive to pitch integation 
gain. The obvious conclusion is that no combination of gains will produce a stable 
system. Second order filters of the form 

were applied to both the rate and attitude gyro signal. The K parameters were varied 

4-7 



Table 4-3. Ascent Pitch Plane Rigid Body Characteristics 

Open Loop Characteristics Closed Loop Characteristics 
Mach No, Altitude Frequency Damping Frequency Damping 

(ft) (r ad/se c) Ratio (rad/sec) Ratio 

to produce filters of pure first order lag, lead-lag, second order, and notch types. 
None of these produced satisfactory mode stabilization let alone increased modal damping. 

Past studies have indicated that the location of sensors pitch rate and attitude in both 
the nose and tail can improve modal stability. With sensors located on the thrust 
struc$a;;re, a (stable system as shown in Figure 4-4 was developed. Root locus for 
this system is shown in Figure 4-5. With the two-sensor feedback system, a first 
order lag at 30 radians was necessary to stabilize the sixth mode. Modal damping 
increased by a factor of two over the basic structural damping. 

Improvement in modal damping beyond the improvement and stabilization discussed in 
preceding paragraphs would involve the addition of other controllers. These additional 
controllers would have to provide generalized forces in the same range of magnitude 
as that supplied by the thrust vector control. Examining the mode shapes indicates 
that forces produced at the nose and tail provide large generalized forces in all modes. 
Therefore, aerodynamic forces produced by a canard located on the nose may provide 
good modal suppression. A root locus at maximum dynamic pressure of a system with 
canard, t b u s t  vector control (TVC), and sensors located in the nose and tail is presen- 
ted in  Figwe 4-6. With this system, the structural modal damping is increased by a 
lactor s f  10, However, for the baseline configuration, no such control surface exists 
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VARIOUS FILTERS USED IN SINGLE-SENSOR 
Ftltcar: Filter: 

2 
S i 3 5 s  + 300 

ASCENT PI 
300 

s2 i 15s i 50 

:TCH CON 'TROL SYSTEM 

F i p r . ~  4-3. Single-Sensor Ascent Pitch Control System (Sheet 2 of 3) 
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VARIOUS FILTERS USED IN SINGLE-SENSOR ASCENT PITCH CONTROII SYSTEM 

s2 + 3.7s + 225 
Filter: 

2 
Filter: 

1.55 ( s  - 12s + 145L 

s2 + 30s + 225 

Figure 4-3. Single-Sensor Ascent Pitch Control System (Sheet 3 of 3) 
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ENGINE LAG NGINE MASS 
ESPONSE SIX 

Figure 4-4. Block Diagram of Pitch Plane Two-Sensor Ascent Control System 

and the weight penalty associated with the addition of a canard is 5000 pounds. Since 
fatigue damage is not critical in space shuttle design and a basic, stable pitch control 
system is possible with TVC, the conclusion can be drawn that no further considera- 
tions be given to additional pitch plane aerodynamic control elements. The ascent 
yaw plane vibration modes present the same problems as  the pitch plane modes with 
the exception that a new mode called the llscissors modeu is added. The scissors 
mode has the properties that the orbiter and booster are  yawing in opposite directions 
(as rigid bodies). This mode is produced by the inter stage roll/yaw flexibility. 
Table 4-4 presents the yaw mode frequencies. Figure 4-7 presents a root locus using 
sensors, rate, and attitude gyros, located in both the nose and tail. A s  in the pitch 
plane, a stablle system was realized and the modal damping was increased by a factor 
of two. 

Increased modal damping can be obtained by using the orbiter rudder to provide large 
generalized forces when the dynamic pressure is relatively high. Figure 4-8 presents 
a root locus for maximum dynamic pressure with (1) sensors located on the tail of the 
orbiter, (2) orbiter rudder controller, and (3) the booster two-sensor TVC system. 
Structural modal damping can be improved by a factor of 10. The penalty associated 
with this system is to provide hydraulic power to the rudder during a portion of flight 
when the orbiter hydraulic power would normally not be used. It has been estimated 
that 100 pouuzds of orbiter weight would be necessary. The 100-pound penalty is 
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Table 4-4. Fuselage Ascent Yaw Plane Mode Frequencies 

Mode Frequency 

Hz Rad/sec 

based on. normal operations of starting the hydraulic system at liftoff or just prior to 
1ll;Roff- The modal suppression peak hydraulic power requirements are less than de- 
sign requirements and therefore, will not change hydraulic power supply design. This 
system would not provide modal damping during early portions of flight when the scissor 
mode is at t h e  lowest frequency. 

4- 2 \RNG JdODAL STABILIZATION 

These wing structural modes are stable without mode stabilization. The basic un- 
controlled stability was verified by flutter analysis. Classical wing instability can 
only occur in the presence of air  forces and is known as flutter. The methods de- 
scribed hesei~n were developed to provide improved damping and can be used for 
future space shuttle configurations if improved darnping i s  required. 

The characteristics of the straight-wing space shuttle are  such that the wing structural 
modes can be separated from the fuselage. Table 4-5 preseds the first five booster 
wing structural modes. The baseline booster and orbiter wing has a high response 
aileron located on the last 30 percent of the trailing edge. An aerodynamic surface 
appears to be the only practical method of generating generalized forces of sufficient 
magnitt~de: to damp the structural modes. At maximum dynamic pressure, the booster 
aileron generates 4000 pounds per degree. The space shuttle program is developing a 
new Iwge attjiLude control propulsion system (ACPS) with 1500 pounds of thrust cap- 
ability, Therefore, three AC PS motors in each wing tip would be equivalent to the 
force requirements. The ACPS fuel expenditures have been estimated to be 1000 
p o u ~ d s  for a n  ISp of 400 seconds. This study analyzed only aerodynamic controllers. 

The aalysis considered only the first five wing structural modes since Ihe ailerons 
o r  wing flaps produced very little pitching moment and the plunging mode couples 
through we& aerodynamic forces. Rate gyros located at 25 percent, 50 percent, and 
the wing tip were used to sense slopes of modal deflections. Signals from identical 
sensors momted on opposite wings are differenced to remove the rigid body roll com- 
ponent, 
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Table 4-5. Wing Structural Mode Frequencies 

Frequency 
Mode 

*Z 
Rad/sec 

1 3.38 22.25 
2 4.11 25.90 

3 4.97 31.20 
4 8.70 54.65 
5 11.34 71.20 

If considerations a re  given only to the first mode, a system as presented i n  Figure 
4-9 can increase the structural mode damping from 0.01 to 0.3. Various lead-lag 
and second-order filters were applied to  the gyro signal. Best results were oBainzed 
from a first-order lead at 10 radians/second and a first -order lag at 50 radians/secoad, 

GENERALIZED 
COORDINATOR 

Figure 4-9. Block Diagram of Wing Modal Suppression Control System 

A five-mode analysis showed that with only one control surface no filter or combinations 
of filters could be found that produced a stable system. While the first and second 
structural modes were well damped, the third and fifth modes were driven unstable, 
Due to the shapes of the modes, the generalized forces produced by the ailerons were 
very destabilizing for the third and fifth mode. 



An wrodynamic control surface was introduced at approximately the wing semi-span. 
The generdined forces produced by this controller were stabilizing for all modes. 
These wing modal control surfaces were of sufficiently high frequency to avoid adverse 
interference with the rigid body control and not to require high-pass filters. It was 
found that the best system consisted of driving the control surface located at the semi- 
span with a signal derived from a sensor located at 50 percent of the span and to drive 
the tip control surface with a sensor located near the wing tip. This system closely 
approxin~ates the general mode suppression controller/sensor location described in 
mferelrace 7, With the above system the wing modal damping for all five modes was 
increased from 0.01 to 0.1. A significant increase in damping was obtained with the 
addition of a high-response control surface. The addition of such a control surface 
would increase the vehicle weight by 4000 pounds. This weight includes hydraulic 
equipment necessary to provide peak rates of 50 deg/sec. Figure 5-10 presents a 
root locus of the two-sensor, two-controller system. 

DAMPING RATIO 

Figure 4-10. Two-Sensor, Two-Controller Wing Modal Suppression 



SECTION 5 

AERODYNAMIC EFFECTS 

Sisificart  effort was expended to define the unsteady aerodynamics which dfect con- 
trol, stability, and loads. These aerodynamic forces are due to elastic modal. defec- 
tion, vortex shedding, shock interference, flow reparation, and buffetillg. Vok-$ex 
shedding, shock interference effects and buffeting can not be predicted analyticd1y 
and, therefore, to include their effects in load alleviation design, wind t 
similar configurations was used. 

5.1 MODAL AERODUNAMICS 

Many unsteady aerodynamic theories can be used to estimate the aerodyna~mic coupling 
between elastic modes. For the subsonic case, either the Kernel Eunction (Refeream 
12) or doublet lattice (Reference 13) are applicable. Mach box theory (Referenee 14) 
i s  suited for the supersonic flight phases. However, after careful analysis the use of 
steady-state aerodynamics in the standard "quasi-steady" approach is most suitable 
for space shuttle. 

Parallel-mounted vehicles, such as the proposed space shuttle vehicle, eh ib i t  
extremely complex aerodynamic flow characteristics. Studies (Reference 15) reveal. 
that unsteady aerodynamic theories do not properly account for body-body, body-wing, 
and wing-wing interference at Mach numbers below hypersonic. Quasi- steady ae ro- 
dynamics, such as  the Woodward theory, were used to account for the interference 
effects. 

Steady-state aerodynamics have been used successfully to derive generalized for9:es 
for dynamic response and flutter problems in the low to moderate reduced frequencj~ 
range. The approach used was to compute the pressure at a point j due to a unit dom- 
wash at the point i. The resulting influence matrix then relates the arbitrary motion 
of each segment of the vehicle to an overall pressure distribution. 

The use of steady-state aerodynamics to solve response problems, referred to as 
the "quasi-steady" approach, gained interest following the work of Pines (Ikfere~naee 
16) and Zimmerman (Reference 17). Results have been compared to e q e r i ~ ~ e n t d  
and prediction based on Theodorsen's unsteady theory. In all cases, the quasi-steady 
method gave better agreement with experiment than did unsteady theory. The steady- 
state aerodynamic center (a. c.) was found to be at a 32% chord, and this location was 
specified in the quasi-steady analysis. In the unsteady approval, however,, the aero- 
dynamic center is inherently at the quarter-chord. 



Wadoodvard 's steady-state method (Reference 18) was used by Brignac and Shelton 
(Wferenee 19) in flutter and dynamic analysis of the F-111 horizontal stabilizer. 
Analj~ticd and experimental results were compared for Mach numbers of 1.09 and 
1.37, A& Mach 1.09, where no applicable unsteady aerodynamic theory was available, 
the pre&eted flutter velocity using Woodward aerodynamics was eight percent low and 
the flutter firequency was two percent high. This i s  a remarkable correlative, con- 
side&ng the transonic Mach number and the relatively high reduced frequency at 
flutter (about 0 .8  based on the mean semi-chord). At Mach 1.37, the predicted flutter 
speed using the Woodward method agreed exactly with test results. Unsteady Mach 
box theory applied to this condition yielded a three percent higher flutter speed. 

I1 becomes evident that in some cases the use of steady-state aerodynamics yields 
more accurate dynamic response and flutter calculation than does unsteady aerodynamic 
theory, Unsteady lag effects are in some cases less important than the proper defin- 
itions of steady-state effects due to interference. The Woodward theory has also been 
compared do steady-state aerodynamic characteristics of the B-58 airplane. Excellant 
correlation between the theory and wind tunnel data has been obtained for typical pres- 
sure distribution. 

The space shuttle launch configuration was subdivided into a large number of quadri- 
lateral. panelis for the application of the Woodward theory. Figure 5-1 presents the 
Woodkvard -model. These panels define the boundaries of planar singularities used to 
simulate the effects of wing lift, thickness, and wing-body interference. Additional 
line ~ ~ ~ l a r i t i e s  located along the body axis are used to simulate the lift and volume 
effects of the body. A unit downwash was applied at the center of each panel to obtain 
the pressure distribution over the entire configuration. The pressure i s  computed at 
the center of each panel and is assumed constant over the entire panel. The aero- 
dynm-ic influence matrix was obtained so that the aerodynamics effects of elastic 
moddi 1-elocidies and displacements could be derived. 

For this study the Woodward theory was used only to develop the modal aerodynamic 
coefficients. The rigid-body load distribution and total forces and moments were 
derived from wind tunnel data. This data was obtained for the complete range of Mach 
ri-rnbe~s needed for this study. The wind tunnel data includes the effects of flow inter- 
o serenr e, shock impingement, and separated flow. The rigid-body loads obtained from 
the W o o h a r d  theory were compared to the wind tunnel data. Good correlation was 
obtained, In the pitch plane, the correlation was within 10 percent and in the yaw 
plane good eorrelation was obtained for all values except rolling moment due to side- 
slip. Shock impingement or interference produce large discrepancies in this 
parame&r. 

Figures 5-2 through 5-6 present the modal aerodynamic data for the launch configura- 
tion. These coefficients are used in the following way: 



where 
C . . = modal generalized aerodynamic force coefficient 
11 

- 
C . . = modal generalized aerodynamic damping force coefficient 
11 

M. = modal generalized masses 
1 

K, = modal generalized spring forces 
1 

a = rigid body angle of attack 

' i ~  
= modal generalized just force coefficient 

C = modal generalized angle-of-attack force coefficient 
i a 

These coefficients and equations were used in the modal stabilization analysis. 

Figure 5-1. Aerodynamic Representation - Woodward Method 
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NOTE: Tli!i FIRST SUBSCRIPT REFERS TO THE MODAL 
CQUATIOK OF MOTION AND THE SECOND SUBSCRIPT 
RBFEllS TO THE INFLUENCING MODE. T I E  BAR VALUES 
Al iE  DAMPISG COEFFICIENTS. 

MACll NO. 

Figure 5-2. Launch Configuration Figure 5-3. Launch Configuration 
Modal Aerodynamic Modal Aerodynamic 
Coefficients - Wing Coefficients - Wing 
First  Mode Second Mode 

5-2 B'UFFET EFFECTS 

Since the proposed shuttle reenters at very high angles of attack (60") and remains 
at these high angles of attack until deceleration to moderate subsonic Mach numbers, 
considerable concern has been given to buffet loads. The vehicle must also penetrate 
the trmsonic region at high dynamic pressure during the launch phase of flight. 

Ewiiorato ry experimental studies of buffeting characteristics for semispan wall- 
mounted models of a clipped 50-degree delta and an unswept wing of aspect ratio = 7 
have keen conducted at Mach numbers from 0.2 to 2.0 at angles of attack from 0 to 
90". For Mach 0 . 3  and at about 9 degrees angle of attack the tests indicate the onset 
of bdfeting, The buffeting response is characterized by random amplitude oscillation 
at the frequency of the wing fundamental bending mode. The buffeting persists 
"eroughout the azngle-of-attack range. At Mach 0.8 buffeting occurs at all angles of 



NOTE: THE FIRST SUBSCRIPT REFERS TO THE MODAL 
EQUATION O F  MOTION AND THE SECOND SUBSCRIPT 
REFERS TO THE INFLUENCING MODE. THE BAR VALUES 
ARE DAMPING COEFFICIENTS. 

I 1 I I 
0 2 4 (i 8 1 0  

MACH NO. 

Figure 5-4. Launch Configuration Modal 
Aerodynamic Coefficients - 
Wing Third Mode 

NOTE: TIlE FIRST SUBSCRIPT REFERS TO THE MODAL 
EQUATION O F  MOTION AND TIIE SECOND SUBSCRIPT 
REFERS TO TIIE INFLUENCING MODE. THE BAR VALUE? 
ARE DAMPING COEFFICIENTS. 

attack. For the supersonic Mach numbers 
the character of the buffeting is similar to 
the low subsonic Mach number, except buff 
fet onset occurs at higher angles of ate$;f;aeBi, 
Figure 5-7 presents the buffet bmdar i e s  
for wing similar to the configuration studied, 
Figure 5-8 presents the relative maimurn 
buffet intensity for the straight w i ~  over 
the subsonic-transonic portion of flight, 
The relative intensity i s  the rsitis of the 
peak root-bending moment to the static 
nonbuffeting root-bending momient* The 
largest factor, 0.15, occurs at abut 
Mach 0.8. This factor was applied to the 
loads which were used in the fatigue m d y -  
sis. For the number of occurrences of 
the load, the buffeting was assmesd to 
occur at the wing first-bending frequency- 

NOTE: T l lE  FIRST SUBSCRIPT REFERS T O  TlIC MODAL EQUATION O F  MOTION 
AND TI lE  SECOND SUBSCRIPT REFERS T O  THE INFLUENCING MODE. TIIE BAR 

MACH NO. 

MACH NO. 

Figure 5-5. Launch Configuration Modal Figure 5-6. Launch Configuration Modd 
Aerodynamic Coefficients - Aerodynamic Coeffieierits - 
Wing Fourth Mode Wing Fifth Mode 
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Figure 5-7. 

BUFFET 

RIACH NO, 

Buffet Boundaries 
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APPENDIX I 

ASCENT PHASE EQUATIONS 

To evaluate rigid body load alleviation and to determine load spectra for fatime 
analysis a six degree-of-freedom digital computer simulation was used. This 
appendix lists the equations in the simulation. Figure 1-1 presents the sign 
convention. 

The translational equation, are 

The rotational equations about the body axes are 

I 
* CN xz . (1 YY - 1 )  xx xz I 
r = -  + -  

I I ' P -  I 
. P . q - -  q * r  

zz zz ZZ 
I 
zz 

For the forces 

C F ~  = -CD(M) Q - S + Thrust (Altitude, Flow Rate) -C (M) $ - S - 6 
D 

6 
(71 



VEHICLE CENTER 
OF GRAVITY 

z 

VEHICLE BASE 

TO TRANSFORM THE 1, 2 ,  3 
AXES INTO THE i, % FAXES: 
1. ROTATE THROUGH AN ANGLE @ ABOUT THE 3 AXIS 

2 .  ROTATE THROUGH AN ANGLE 0 ABOUT THE 2 AXIS 

3. ROTATE THROUGH AN ANGLE $ ABOUT THE 5 AXIS 

Figure 1-1. Sign Convention 



C F  = C ( M ) * Q a S ' p - T h r u s t - 6  + C  (M) * Q ' S ' dRud 
Y 

Y~ '6 Rud 
(8) 

CF = - ( C N  (M) + C N  
z (M) a )  Q * S +Thrust 6 + C (M) . Q s - E, 

P z 
6 

Z 
o a 

z 
(9) 

and the moments are 

L 

(101 
+ Thrust 

d~ 

(M) 5 + C N  (M) . (CG(t) - CP (M))a+CD(M) . Dragar 
01 

a 

+ Thrust . 6 ARMX + Thrust (CG(t) - TLB) + C (M) 0 Q P m (11) 
6 z 

b + C (M) * (CP (M) - 
P 

+ Thrust . 6 * ARMX + C 
Y n 

(") * Q 
' 6Rud 

The direction cosine matrix is used throughout. These equations are 

Also used are  the Euler angles 0, 0, (I defined in the standard aircraft eonvention 

$I = (r cos @ + q sin @)/cos 8 



The model simi~lated is a round, non-rotating earth so that 

Cross Range = R $ 
0 

Down Range = R @ 
0 

(22) 

- -1 
a = tan ( z / ( R ~  + x)) (23) 

tan-' (Y/((R + x )2 + z2 ) ) R = (3440) (6080) FT. 
0 0 

Winds are  measured in the local earth surface coordinate system and are  functions 
of altitude, Dynamic pressure, angle of attack, and angle of side slip are computed 

9 = sin-' ((v + v wind )/vT) 

2 
u + u  )2 + ( v + v  ) +(W+W ' T' = (( wind wind wind 

u = ( a 2  sin r + a cos r ) wind (H) 
M& 3 (29) 

v = (m sin r + m cos r ) wind (H) 
-wind 2 3 (30) 



w = (n s i n r  + n cos r )  wind (H) 
wind 2 3 

r - - - r 
r ~ i n d D i r  LaunchDir 

For the control system, a simple first-order lag is used. Then, 

6~ COM = K (KI p d t + K .  p + @ )  
@ @  PI 

Thrust is computed by 

Thrust = I (H) * WF 
SP 

Inertia and vehicle weight are functions of time and are  inputs to the simulation, 
Aerodynamic data as a function of Mach number is linear tables input. 



APPENDIX I1 

SMALL PERTURBATION EQUATIONS 

This appendix describes the equations used in the small perturbation analysis into 
program TRIM-STAB, including those written for control point fatigue slpectra genera- 
tions. 

From Newtonf s second law of motion, 

- d - - 
F = - -  

d - 
dt 

P and M = - 
dt 

L 

where 

and are  the linear and angular momentums respectively. 

For velocities with respect to a rotating axis system, these equations can be mid;$en 
as 

* - 
The m AV term in the force equation is the thrust. 

The angular and rotational velocities are  divided into steady state and small. pertur- 
bation quantities; 



Numerous assumptions are made. The first of these is that the vehicle has no lateral 
velocity nor ro l l  or yaw rates, then 

- j pwo + pw - ru0 - ru] 
- [ 

- - 
The w x V terjm in the force equation is therefore 

- 
+ k [ pv - QoUo - uQ - qU - qu] 

0 0 

- -- 
u X Tl;r = 

The second assumption is that the products of small perturbations are  negligible. 
Eliminating products of small perturbations and steady state terms yields 

- - - 
i j k 

( P I  (Q + 4 )  
0 

( r  ) 

(U + u )  
0 

( v )  (W0 + w)  

The perturbed force equation, from equations 2 and 7, are  then 



The angular momentum can be expressed as  

Where I is the second order inertial tensor 

The third assumption is  that the xz plane is a plane of symmetry, then 

with this assumption 

The I; x term in the moment equation is 



+ k ( p ~ I  + p q I y y - & I  + q r I  + r Q I  +pqIXX) 
0 YY O X X  xz 0 xz 

or,  eliminating products of perturbations, 

- - 
W X L  = i 

0 xz] 

+k [pQ (I - I  ) + r ~  I 
0 YY = 0 xz] 

The fornth assumption is that the time ra te  of change of the inertias is negligible. 

d - 
Using the fourth assumption the - L term in the moment equation above, is 

dt 

- .  - - i (PI= - r 1  ) 
xz - .  

+ j (q Iyy) 

+ k (-pi + ; I  ) 
xz z z 

The moment equation, (2) using equations 12  and 13 is 

M = p I  - r I  + r Q o ( I z Z - 1  ) -pIXzQo 
X XX xz Y Y 

M = q 1  
Y YY 

M = r I  - 
Ixz 

+ p Q  (I - I  ) + r Q  I 
Z zz 0 YY xx 0 xz 



The gravity force term must be treated by rotating through Euler angles, In tMs  work, 
the order of rotation is psi (9 ), theta ( 8 ), and phi ( $  ). 

Assume a normal, orthogonal, axis system with the X axis pointing forward, the Y 
axis out the right wing, and the Z axis down. Assume vector elements of F,, Yo, Zo) 
= VT along the original axis. The transfer matrix describing this vector i n  a new 
frame caused by rotating about the Z axis is 

or, using small angle approximations, 

= ~ f j  where A = 
1 T 

A second rotation about the new Y axis will have a transfer matrix of 

cos 9 sin 1,9 0 

-sin 9 cos $ 0 

0 0 1 

or approximately 

7 = BS where B = 
1 2 

The transfer matrix from V to V (assuming the products of perturbations are 
T 2 

zero) is 

cos 8 0 -sin 8 

0 1 0 

sin 9 0 cos 8 

The third rotation about the new X axis will have a transfer matrix of 

V = BAS where BA 
2 T 

1 9 -8 

-$ 1 0 

8 0 1 



or appr oxirnattely 

= CV where C = 
3 2 

The total small perturbation transfer matrix from to ? is T 3 

1 0 0 

0 cos @ sin @ 

0 -sin @ cos @ 

7 = CBA V 
3 0 

The fifth assumption is that the wings a re  level. Then the gravity vector in the 
unpertiarbed axis system is 

CBA = 

1 $ - 8 

- I @ 

8 - @ 1 

The perturbed gravity term, (g ), a s  a function of the Euler angles $, 8, and $3 is 
P 

(6 - 0  
0 

(19) 
- 
$ = g  

- sin 8 + 8 cos 8 
0 

- - JI sin go + O C O s  go 

-8 sin 8 + 
0 

cos go 

-sin 

0 

cos e, 

g 



The AF expressions in equation (8) can now be separated into aerodynamic and 
gravitational forces 

or, the aerodynamic forces a re  equal to 

The Fx.and FZ force equations a re  written a s  the respective body acclerations, 
(e. g., u and iu)  with all terms having dimensions of ft/sec2. The dimensionalizing 
procedure from an aerodynamic coefficient is 

1 sec 
u ( - ) =  

sec - m - sec2 C x (7) 
u 

The lateral force equation, F , is expressed a s  /3 through the relationship 
Y 

-1 v v ,B = tan - -  - 
v~ v~ 

All terms have dimensions of l/sec. An aerodynamic coefficient* is dimensioned by 

1 'Is I 
Y B (TEE) p = \ = I  (z) C B 

T Y~ 
* The dimensionalization of lateral aerodynamic accelerations a re  divided by U,, 



AIE three moment equations a re  written in terms of the angular accelerations and 
have dimensions of 1/sec2. The dimensionalizing qualities are  

- "' for pitch 
1 

md 

qsb - for roll and yaw 
1 

wrhere B. is the corresponding inertia. 

The equations are expressed a s  Euler Angles. This is valid for small perturbations 
when products of perturbations are  neglected and small angle approximations of trig- 
onometry functions are used. 

The l#ongitudinal equations, are 

Longitudinal acceleration ( u ) 

Vertical acceleration ( w ) 

Pitch angular acceleration (g) 

where X 
b z6 

and M are the control forces and moment 
e e 

6 
e 

The lateral equations are 

Lateral acceleration (8 ) 

+ (1 - yr) - - sin e0] t,!~ = Y~ + Y u 
o a 6 r 



Roll acceleration (3 ) 

-S(Q I /I + L  ) I@ 
o x z x x  p 

Yaw acceleration (IC, ) 

where Y 
6 ' L6 

, and N are the roll axis control force and moments and Y 

a a 
6 

a 
6 '"6 
r r 

and N are the yaw axis control force and moments 
6- 

A 

CENTER OF GRAVITY EQUATIONS 

The small perturbation center of gravity acceleration, the inertial plus ga~tational 
acceleration, can be taken directly from equation 22. 

AA = w - u Q o - q u o  + e g  s i n e  
Z 0 

ACTUATOR LAG AND TAIL-WAGS-DOG EQUATION 

The tail-wags-dog zeros a re  a complex pair occurring at the frequency at wxch the 
inertial forces resulting from the gimballing of the rocket engine cancel the eon-  
ponent of thrust normal to the missile axis due to deflection of the motor chamber, 

The frequency can be computed from the following sketch 

CG OF MISSILE 

m, = MOTOR MASS 

I, = MOTOR INERTIA 

' CG OF ROCKET ENGINE T = THRUST 



Moments about the cg due to motor deflection a re  

M = I 6 + T R ~  + m  a a's' 
e r r 

and 

Assuming a first order lag for actuator dynamics 

Then the dynamics between the actuator command and the resulting thrust is 

AUTOPILOT 

The autopi1o.t block diagram is - NOTE: XA > O  FOR ACCELEROMETER . . . . 
8 h AHEAD O F  VEHICLE CG 



This can be reduced by block diagram algebra into an equation relating the gimbal 
command, ( b c )  a s  a function of pitch (8),  pitch command (&) ,  and normal aceel- 
eration ( Nz ) . This equation is 

BENDING MODE EQUATIONS 

The normalized bending mode equations are  as  follows: 

where i = 1, 5 

Kij and B.. are  the aerodynamic coupling terms between the modes as  a :function of 
1J 

the modal deflection and rate of deflection respectively. They are  normalized from 
coefficients by the following expressions : 

qs b B.. = - 
ij gm i j  

where q = dynamic pressure 

s = reference area 

gm = generalized mass 

kij and bij are  functions of Mach number and altitude. 

The preceeding leads to the matrix euqation presented in equation 28 and 29, The 
problem is divided into independent longitudinal and lateral sets. 

The characteristic equation is determined by finding the eigenvalues (poles) of the 
determinate on the left hand side. The numerators of the transfer function axe de- 
rived by the application of Cramerrs Rule, in which the column on the right hand side 
replaces the column of interest in the determinate on the left hand side. 
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APPENDIX I11 

MULTIPLE LOOP ANALYSIS 

Throughout this study multiple, feedback loops were used. Within each loop odjr 
constant coefficient linear systems of equations were developed. The teehnlque 
used in analyzing these systems was to write all the equations necessary t o  dis- 
cribe the complete, overall system. In matrix notation this leads t o  

The stability characteristics of equation 1 are  evaluated by evaluating the determinant 
of the square matrix. Loop stability is evaluated by varying the gain or parameter of 
interest and reevaluating the determinant of the resultant matrix. On the surface, this 
may appear to be a costly process. However, a rapid computational method has been 
developed. In the method used, the left side of equation (1) is written as 

If [ A ~ ]  is nonsingular, an inverse of Ak is found. Then, 

where 



A new equivalent linear matrix equation is formulated as 

The stability $of equation 1 can now be evaluated by determining the eigenvalues of 
equation 5, The computation of the eigenvalues of equation 5 is approximately an 
order of magnitude faster than the expansion of the miners of the matrix in equation (1). 

To determine the polynominal which represents the matrix expansion and to evaluate 
the gain, the following procedure is used. From the eigenvalues form 

where Xi ' s  are the eigenvalues. 

Choose a number, A, such that 

Then numerically evaluate (6) with 

S = A 

then 

The square matrix in equation (1) is also numerically evaluated with S = A. That 
mmerical value is C2. Then the gain is the ratio C2/C1. 



If Ak is singular, then one of two procedures can be followed. The f irst  procedure 
is to  elevate the equation of (1) until Ak is nonsingular and proceed through the de- 
scribed method. Each equation elevation yields one nonvalid zero root. These asn- 
valid rcots  a r e  discarded. 

-6 
The other alternate procedure is if A. in equation (2) is nonsingular, determine A. 
then, 

where 

A new equivalent linear matrix equation is 

Then the eigenvalues of (9) a r e  the inverse of the roots of (1). The steps outlined 
in equation (6) and (7) a r e  also followed. 
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